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Abstract: The optical axis angle fluctuation due to thermal deformation of the satellite bus between
the laser communication load and the star sensor must be constrained to within 0.16 mrad to meet
the rapid acquisition needs of the laser communication satellite. This paper analyzes the satellite’s
in-orbit temperature field distribution, which is then used as the input boundary condition for the
thermal deformation analysis. The optical axis angle fluctuation is reduced by the common reference
optimization design. Then, adaptable isolation between the satellite bus structure and the reference
support structure reduces the thermal deformation coupling. As a result, there will be less optical axis
angle fluctuation caused by thermal deformation. The thermal deformation between the optimized
laser communication load and the star sensor installation angle is decreased to 14.25” according to the
entire satellite simulation analysis of the modified structure. The maximum angle variation induced
by temperature change dropped from 117.74” to 10.72” through the ground temperature deviation
and prism calibration tests. The on-orbit alignment test confirms that the required capture time of
30 s is met. The aforementioned work minimizes the uncertain region of laser communication load,
lessens the in-orbit acquisition time, and satisfies the demand for speedy acquisition.

Keywords: FSO communication; acquisition time; thermal deformation; optimization design;
uncertain region; common reference; flexible isolation

1. Introduction

FSO communication is a technology for unimpeded free space optical communication
that can be utilized in inter-satellite, satellite-ground, and ground communication [1–3].
The intersatellite laser communication transmission techniques employed in this satellite
project are one of the FSO communication technology application possibilities.

High transmission speed, no special application for the communication frequency
band, smaller size and weight, convenient layout design, a narrow communication beam,
difficulty in being captured and monitored, and more secure communication are all ad-
vantages of laser communication over conventional high-power radio frequency com-
munication [4]. In light of the fact that the pace of communication satellite constellation
construction is accelerating, the bandwidth needed for communication is expanding, and
frequency coordination is becoming more and more challenging, laser communication, a
crucial form of space communication, has a wide range of potential applications. More than
12,000 satellites will make up the Space X Company’s Starlink constellation [5]. According
to the article [6], each satellite has four laser communication loads deployed, which are used
to implement inter-satellite communication between satellites in orbits with various incli-
nation degrees. Miniaturization of laser communication loads is another developing trend
that is used in CubeSats [7]. The wide application of laser communication loads is better
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suited to the development direction of downsizing. The field of satellite-to-satellite commu-
nication, as well as satellite-to-earth communication, can both utilize laser communication
technology [8], and there is new progress in the study of atmospheric turbulence [9].

According to earlier research, the reduction of the in-orbit capture time of the laser
communication payload is primarily carried out through the design optimization of the
payload itself [10,11]. The design of a communication satellite is a systematic project. The
factors affecting the acquisition time of a laser communication load include not only the
factors related to the load itself but also the orbit prediction error of the satellite bus, the
attitude measurement error of the satellite, and the dynamic deformation error of the
satellite [12].

The orbital state of the satellite, the load’s operating mode, and the thermal design
state must all be examined in order to determine the thermal deformation magnitude of
the satellite [13,14]. When the thermal analysis model has been established, the relevant
thermal deformation situation is next examined in order to determine whether the thermal
deformation’s influence magnitude can meet the requirements of the laser communication
load acquisition time. The degree of thermal deformation between the star sensor and laser
communication load implemented in a honeycomb sandwich structure is discovered to be
significantly greater than what is necessary for index allocation in this work. To control the
angle variation between the laser communication load and the star sensor optical axis, it is
important to optimize the thermal deformation.

The goal of the optimization design is to establish a stable thermal deformation
connection between the star sensor and laser communication load. This common reference
optimization design idea is often used in remote sensing satellites [15], but it is rarely used
in communication satellites. Second, it uses flexible isolation with the satellite bus to lessen
the impact of the entire satellite’s temperature variation on the support’s temperature
swings as well as the impact of the entire satellite’s thermal deformation on the ambiguous
zone of laser communication alignment. The flexible isolator used in this paper is usually
used to reduce the effect of micro-vibration in orbit [16]. Finally, satellite load isolation
was used to reduce the thermal control challenge, precisely manage the temperature of
the isolated physical reference support, and lessen the impact of the physical reference
support’s temperature fluctuation.

The topology optimization method adopted in this paper, as a structure optimiza-
tion design concept, has been rapidly developed in weight optimization design in recent
years [17–19]. Topology optimization is used to determine the relative placement of the star
sensor and the laser communication load while taking other engineering considerations
into account. The reference bracket adopts an I-section design based on the structural
topological relationship found through topological optimization, and size optimization
establishes the critical dimensions. The thermal deformation between the optimized laser
communication load and the star sensor installation angle decreased to 14.25” according to
the entire satellite simulation analysis of the modified structure. By comparing the opti-
mized design scheme with the unoptimized design scheme, the maximum angle variation
induced by temperature change fell from 117.73” to 10.73” during the ground temperature
deviation test and prism calibration test. The on-orbit alignment test confirms that the
required capture time of 30 s following the entire test is met. The in-orbit acquisition time
test results show that the satellite’s uncertain region satisfies design requirements and that
the thermal deformation stability between the satellite’s laser communication load and star
sensor satisfies requirements.

2. The Impact of Satellite Bus Thermal Deformation on the Laser Communication
Load Acquisition Time

In general, the energy of the laser beam has a significant impact on the transmission
bandwidth of the laser communication load. The beam of the laser communication load
is typically constructed at a smaller angle to improve the gain of the laser beam for com-
munication [4]. In light of the relatively narrow laser beam, it is generally necessary to
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design a more complex acquisition, tracking, and pointing (ATP) system for laser commu-
nication loads because errors in attitude measurement accuracy, attitude pointing accuracy,
orbit measurement error, and other aspects of communication satellites in orbit will make
alignment of the laser difficult [12].

The reduction of the acquisition time of the laser communication payload in orbit has
significant economic implications for satellite communication. The topological relationship
between the relative positions of satellites will be impacted by the continually changing
orbit characteristics, particularly for large communication satellite constellations, leading
to repeated disconnection and reconnection of laser communication lines. One can only
reduce, rather than completely eliminate, the time required for laser chain formation and
reconnection. The effective communication duration can be increased by shortening each
chain’s building time, increasing the overall working efficiency of the communication
satellite [10,20]. Topology optimization can increase the effectiveness of link establishment
over the entire constellation after the communication satellite has finished networking [21].
Reduced connection establishment times are crucial since this constellation’s topology
optimization method necessitates frequent link switching.

The low-orbit communication test satellite 03/04’s laser communication load installa-
tion directional thermal stability optimization design is the basis for this work. On 20 May
2022, the low-orbit communication test satellite 03/04 was launched. In Figure 1, one of
the satellites is depicted.
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Figure 1. Low-orbit communication test satellite.

The two satellites were in a circular orbit with an eccentricity of zero, an inclination
angle of 86 degrees, and an altitude of 880 km. In order to complete the laser communication
task verification between two satellites in the same orbit as well as two satellites in a future
adjacent orbit, an inter-satellite laser communication payload is configured in the flight
direction and the flight opposite direction of the satellite, respectively. Figure 2 displays
the schematic diagram of the laser communication chain. Low-orbit communication test
satellite inter-satellite communication calls for link switching between the same orbit and
the different orbit, as well as re-capitulation of the broken link. Reduced alignment intervals
are important for the laser communication satellite.

The laser communication load used in this project is shown in Figure 3. Its appearance
is shown in Figure 3a. The surface is a thermal control coating material. Its composition
and principles are shown in Figure 3b. The laser communication load consists of an optical
telescope, a relay optical path transmitting system, a beacon transmitting optical system,
and an electronic unit. The two-dimensional turntable of the optical telescope realizes the
coarse pointing function of the laser communication load of the target satellite. The precise
tracking is located in the relay optical path, and the piezoelectric fast-pointing mirror is
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used as the actuator. Precision tracking control can realize the control function of higher
frequency characteristics and the correction of small angle deviation, which is mainly used
to reduce the influence of satellite high-frequency vibration sources such as flywheels
and SADA on laser communication. For the satellite bus, the micro-vibration level of the
whole satellite needs to be controlled within the control ability of the piezoelectric fast-
pointing mirror to ensure that the satellite laser communication will not cause a code error
or communication link break [22]. However, this is a fine operation after the completion of
coarse tracking, which will not influence the acquisition time of the laser communication
load. Because the signal optical band of 1550 nm is far away from the beacon optical band
of 808 nm, the large array detector commonly used in the capture and tracking system is
not sensitive to signal light, and the signal light is not convenient to be used as a beacon
light. An independent optical laser beacon is configured at both ends.
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Table 1 displays a few laser communication load metrics. There are two common
configurations for transmission rate when the communication distance is less than 5000 km
and less than 3000 km for the satellite, which is now in the experimental stage.
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Table 1. Parameters of the laser communication load.

ID Parameters Specifications

1 Mode Full-duplex
2 Transmission rate @ 5000 km 1.25 Gbps
3 Transmission rate @ 3000 km 2.5 Gbps
4 Sensitivity ≤−40 dBm@1.25 Gbps, ≤−37 dBm@2.5 Gbps
5 Error rate ≤1 × 10−7 (After decoding)
6 Tracking range 200–4500 km
7 Precise tracking accuracy ≤5 µrad

The scanning mode, resident duration, unclear area size, and other aspects affect the
laser communication load acquisition time. Common beacon light scanning techniques
include rosette scanning, Lisaru scanning, compound scanning, spiral scanning, rectangular
spiral scanning, and others. Each scanning mode has its advantages in terms of difficulty
of realization, scanning time, scanning probability, and so on [23]. The paper by Xin Li [24]
suggests a method for figuring out the capture time and determines the connection between
the capture time and the uncertain region. Rectangular scanning provides clear advantages
in terms of effective coverage and is reasonably straightforward to implement in terms
of algorithm, software, and hardware, but the scanning time is quite long. The longest
scanning time is estimated using this scanning technique. The capture time of a rectangular
scan was calculated by Formula (1).

Tacq ≈
1

(1− k)2 ·
(

θU
θBC

)2
·Td (1)

where k is the overlap coefficient. Considering that the beacon light pointing error will
cause the uncertain region to miss scanning in the scanning process, the beam scanning
step should take into account the overlapping of adjacent scanning areas to reduce the
probability of missing scanning. It is necessary to consider the satellite attitude stability, the
stepping error of the pointing mirror, and the optic axis jitter caused by satellite vibration
on the pointing mirror to determine the overlap coefficient. The overlap coefficient is set to
k = 60%. Td is the residence time. The resident time is set to Td = 0.2s. θBC is the beacon
light emission angle. The beacon light with a divergent angle θBC = 0.313 mrad is used for
scanning. θU is the uncertain region after calibration.

According to Formula (1), if the acquisition time of the satellite laser communication
payload is less than 30 s, θU should be less than 1.53 mrad.

To eliminate unrecoverable errors caused by factors such as vibration during satellite
transportation and launch, gravity release after orbit, etc., star calibration, inter-satellite
calibration, and satellite landmark calibration will be adopted. The error eliminated in
the calibration process can be considered a fixed system error, and the influence on the
acquisition time can be ignored. On-orbit calibration cannot completely eliminate all
undetected system faults. For example, orbit prediction error, attitude measurement error,
satellite dynamic deformation error introduced by the satellite bus, open-loop control
error of the pointing mirror, coarse tracking residual error, and laser solution accuracy
error introduced by the laser communication load itself. These errors are independent and
irrelevant. The distribution of this part of the error is listed in Table 2. The uncertainty error
is calculated by the conservative method of absolute sum, and the formula is shown in (2).

∆ = ∑m
i=1|ei| (2)
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Table 2. Uncertainty analysis after inter-satellites calibration.

ID Source of Error Type of Error Error Magnitude/Mrad

1
Satellite bus

Orbit prediction error 0.05
2 Satellite attitude measurement error 0.35
3 Satellite dynamic deformation error 0.3

4
Laser communication load

Pointing mirror open loop control error 0.5
5 Coarse tracking error 0.1
6 Accuracy of laser solution 0.2

Synthesis error 1.5

The satellite attitude measurement error in Table 2 is affected by the star sensor attitude
error, the star sensor temperature drift error, the thermal deformation error of the satellite
bus, and other factors. The thermal deformation error of the satellite bus plays a dominant
role. When the thermal deformation error is controlled within 0.16 mrad, the attitude
measurement error of the satellite can meet the index requirement of 0.35 mrad.

It is challenging to regulate the thermal deformation error of the honeycomb sandwich
communication satellite bus within 0.16 mrad due to a number of reasons. First off, because
communication loads come in a variety of forms, operate in a variety of ways, and consume
a lot of power, there is a significant disparity between the peak power and steady power
of communication satellites. In order to lower the cost of launch, the thermal design of
the satellite must take into account both the volume and weight of the entire satellite
as well as an adequate cooling area to fulfill the peak cooling power requirement. The
temperature variation of the satellite bus between normal power working mode and peak
power working mode is caused by the difference between normal power and peak power
as well as the difference in external heat flow while the satellite is at different points in orbit.
Finding a steady satellite temperature distribution state to use as the temperature reference
for the thermal deformation input is therefore challenging. The honeycomb sandwich
structure’s characteristics make it challenging for communication satellites to locate a stable
thermal reference for the installation of high-precision attitude measurement components
such as star sensors and laser communication loads. The aforementioned two points have
the effect of altering the uncertain region where the laser communication load points by
causing the angle variation between the laser communication load and the star sensor to
fluctuate significantly in the classic design mode of laser communication satellites.

In Section 4, it is discovered through ground tests that when the star sensor and
laser communication load are installed conventionally on the satellite structural plate, the
angle variation between the two equipment’s prisms caused by the thermal deformation
of the satellite bus will reach 117.74” and the corresponding synthetic uncertainty will
reach 0.57 mrad, much higher than the required 0.16 mrad. The capture time increased
by 65.16% to 46.55 s, despite the uncertainty area expanding by 27.3%. This was due to
a quadratic positive correlation between the capture time and the uncertainty area. The
thermal deformation management of the satellite bus must be optimized in order to achieve
the design requirement of laser communication load capture time within 30 s. Controlling
the uncertain region of the laser communication load is crucial for quickly acquiring and
building the link in the business mode of the laser communication satellite.

3. Control of Thermal Deformation Optimization Strategy

The following concepts guide the optimization design process: Initially, it is essential
to analyze the satellite’s orbital temperature distribution. The satellite bus’s thermal defor-
mation is estimated using the temperature distribution as an input. The needed method is
produced through optimization using the amount of orbital deformation as the boundary
condition. Finally, simulation calculations are used to confirm the optimization effect.
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3.1. Orbital Temperature Distribution
3.1.1. Heat Dissipation Surface Analysis

The low-orbit communication test satellite weighs 490 kg and has an orbital lifetime
of 5 years. It can perform multi-functional technology verification and on-orbit service,
including satellite-earth broadband communication, inter-satellite communication, and
network working. It is outfitted with a laser and Ka-band microwave inter-satellite chain, a
Ka-band satellite-earth link, and an integrated on-satellite processing load. Very strict re-
quirements for the thermal control system are presented by the high power density, several
working modes, power consumption variations across modes, and other characteristics.

The satellite’s external heat flow analysis is necessary in order to calculate the dimen-
sions of the heat dissipation surface in each direction. The angle between the satellite orbit
plane and the sunlight vector is known as the β-angle. The exterior heat flow of a satellite at
various β-angles varies due to the action of sunlight. The analysis of the time fluctuation of
the β-angle of the low-orbit communication test satellites is shown in Figure 4 as the results.
The low-orbit communication test satellite’s β-angle fluctuates from −89◦ to +88◦ and
changes by 1.423◦ every 24 h in its near-polar circular orbit. The variation in the β-angle
and the amount of external heat flow at various times are both significant.
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After entering orbit, the satellite + Z-axis are oriented toward the ground, and the
three axes are stable to maintain the load of the phased array antenna pointed at the ground
in order to carry out data transmission activities between the satellite and the ground.
To accomplish the energy balance of a single circle in any orbit state and working mode
if a fixed solar panel is used, a large solar panel area is required. This is not the best
design approach for increasing the precision of satellite control in orbit, decreasing the
launch weight into orbit, and enhancing the economics. In this project, an A/B dual-axis
SADA drive is used to monitor the solar panel’s solar capture and ensure that the satellite’s
energy balance is maintained in a single circle beneath the tiny solar panel area. The solar
panel’s axis A, which is located close to the satellite bus, is used to regulate the solar
panel’s continuous rotation along the satellite’s Y-axis (pitch axis) within a 360◦ range.
The solar panel development satellite’s B axis, which is located adjacent to the solar panel,
is used to regulate the precession rotation of the X axis (rolling axis) within a range of
42◦. The thermal deformation of the solar panel and the coupling of the satellite bus can
be disregarded because the A/B axis of the solar panel is connected by thin rods. The
mathematical model for thermal deformation simplifies the concept of a solar panel. Yet,
the shielding of the solar wing’s intricate motion route will affect the heat flow outside the
satellite’s Y planes, and this influence on the satellite’s temperature cannot be disregarded.

A simulation model of the satellite’s thermal properties was created; each surface
was separated into a number of sections, and the heat flow to the satellite’s surface was
measured, as seen in Figure 5. The heat flow to the exterior of each surface was determined
by weighing and averaging the final statistical data, as shown in Figure 6.
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The infrared heat flow from the Earth that is incident directly on the outside surface of
every single board has little change since the satellite has been in a state of orientation to
the ground for a long period, as indicated in Table 3. The solar radiation heat flow that is
immediately incident on each surface of the satellite changes noticeably under the impact
of the β-angle fluctuation. The infrared heat flux from the satellite to the ground (+Z plane)
is greater but smaller from the perspective of infrared radiation heat flux straight into
the earth. The satellite +Y/−Y plane is significantly impacted by the alternating external
heat flux from the direct incoming solar radiation heat flux (including the earth’s albedo
heat flux).

Table 3. Earth Infrared Incident Heat Flux on a Honeycomb Plate.

β
Earth Infrared Incident Heat Flux on a Honeycomb Plate (W/m2)

+X −X +Y −Y +Z −Z

−90~88◦ 51.5 51.5 34.7 35.1 191.0 0.0

The satellite’s +Z-plane changes the least during its whole life cycle because of its
orientation to the earth, while the satellite’s −Z, +X, and −X planes also shift dramatically
when the β-angle changes.

The satellite’s Y and Z opposing planes obtain direct solar radiation. The OSR cerium
glass secondary surface mirrors are firmly mounted to lessen the impact of solar irradiation
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on the entire satellite (low solar absorption and slow degradation in orbit). According to the
terminal properties of the heat dissipation surface, OSR_EOL (α/ε = 0.13/0.79), the thermal
control white paint with small solar absorption and large hemisphere emissivity, brand
KS-ZA, is used because X and +Z surfaces are primarily affected by the earth’s albedo,
whose magnitude is much smaller than the direct solar irradiation surface. Figure 7 depicts
the heat dissipation capability of each surface of the KS-ZA EOL (α/ε = 0.22/0.92) and the
relationship with the β-angle.
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The β-angle has a significant impact on the ability of Y planes to dissipate heat. The
satellite’s ability to dissipate heat is stable and powerful while it is in a shadowy area.
When the Y planes were in an area that was sunny, the ability to dissipate heat gradually
reduced as the β-angle (0◦ + 70◦, 0◦ − 70◦) increased. The heat dissipation ability increases
gradually as the Y-angle increases (from −70◦ to −90◦, from +70◦ to +90◦), primarily
because the solar panels’ rotation in relation to the sun blocks the Y planes; at 90◦, the Y
planes are completely blocked, which is equivalent to the Y planes being in the shadow
area and represents the maximum heat dissipation capacity of the entire satellite; The heat
dissipation capability of the +Z plane is the smallest and weakest of all planes because
of the significant infrared heat flow to the ground. OSR absorbs little sunlight at various
angles, and the variation in its ability to dissipate heat is negligible. The capacity of the X
plane to dissipate heat remains constant.

According to the above analysis results, Table 4 shows the unit heat dissipation
capacity of the heat dissipation surface in orbital space.

Honeycomb sandwich construction is often utilized in the main bearing force of
spacecraft, which has the features of light weight and many performance parameters that
may be designed [25]. The communication test confirms that the satellite uses a honeycomb
panel with an aluminum skin honeycomb sandwich structure as the cooling surface of
the satellite, and the honeycomb structure is also the main bearing structure of the entire
satellite because aluminum skin and aluminum honeycomb have good heat conduction
characteristics. Table 5 displays the design criteria for each honeycomb panel. The heat of
the satellite is transferred through the heat pipe network implanted in each honeycomb
plate, allowing the heat to dissipate more quickly into space. Figure 8 shows the satellite
bus’s primary structure.
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Table 4. Average heat dissipation capacity of each surface.

+X
KS-ZA@20 ◦C

−X
KS-ZA@20 ◦C

+Y
OSR@20 ◦C

−Y
OSR@20 ◦C

+Z
KS-ZA@20 ◦C

−Z
OSR@20 ◦C

Minimum average
heat dissipation

capacity
(W/m2)

285.8 285.8 275.1 274.4 173.9 298.5

Table 5. Honeycomb panel parameters.

Structural Plate
Name

Honeycomb Core
Specification

(mm)

Honeycomb Core
Thickness

(mm)

Skin
Material

Skin Thickness
(mm)

Overall Dimensions of
the Honeycomb Panel

(mm)

+X 3 × 0.05 19.1 2A12 0.3 1440 × 835 × 19.7
−X 3 × 0.05/5 × 0.03 19.1 2A12 0.3 1440 × 725 × 19.7
+Y 3 × 0.05/5 × 0.03 24.1 2A12 0.3 1950 × 665 × 24.7
−Y 3 × 0.05/5 × 0.03 24.1 2A12 0.3 1950 × 665 × 24.7
+Z 3 × 0.05/4 × 0.04 29.1 2A12 0.3 1950 × 1040 × 30.1
−Z 3 × 0.05/4 × 0.04 24.1 2A12 0.5 1950 × 1440 × 25.1
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3.1.2. Analysis of Temperature Distribution

This section uses thermal control design and FEM simulation to determine the temper-
ature field distribution of the satellite, which is then used as the input condition for thermal
deformation optimization design. A proven technique for obtaining temperature field
distribution is FEM simulation, which is used in the CubeSat design simulation [26,27].

The influence of the temperature field on the deformation of the satellite structural
body under varied working situations must be taken into account given the diversified load
of the satellite and the complex task combination. The model’s construction and simulation,
however, are too challenging. We select the variance between the high and low temperature
conditions in orbit as the measurement of the thermal deformation scale to simplify the
work requirements. Some working situations have a thermal environment that fluctuates
between high and low temperatures. Since linear materials can approximate the thermal
expansion coefficient of satellite materials, it can be assumed that the satellite’s thermal
deformation varies between high-temperature and low-temperature situations.
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The position of the internal heat source and the external heat flow largely determine
the setting of the high and low temperature conditions. The temperature of the satellite
will increase as the strength of the internal heat source increases and as the spacecraft’s
ability to dissipate heat decreases. For now, it is set to a high temperature condition, and
the opposite is true for a low temperature condition. Table 6 displays summary data on
internal heat source power.

Table 6. Summary statistics of internal heat source power.

ID Equipment Name Maximum Power/W High Temperature
Condition/W

Low Temperature
Condition/W

1 Ka band phased array transmitting antenna 250 250 0
2 Ka band phased array transceiver antenna 1 314.3 314.3 0
3 Ka band phased array transceiver antenna 2 314.3 314.3 0
4 Combined processing load 409 409 0
5 Terahertz test load 184.4 0 0
6 Laser communication load 1 53 53 53
7 Laser communication load 2 53 53 53
8 Other loads 423.2 392.2 7
9 electric propulsion 527 0 0
10 Platform power consumption 270.2 253.4 161.4

11 Heating belt compensates power
consumption / 0 613.2

Total 2798.4 2039.2 887.6

The electric pusher module is only initiated in orbit control mode, not business mode,
so the influence of electric propulsion is not taken into account when establishing the
high and low temperature conditions. Terahertz was utilized as a payload for technical
validation and is not activated in business mode; hence, in both hot and low temperature
situations, there is no power usage. All on-board equipment, with the exception of terahertz,
electric propulsion, and backup equipment, functions at its maximum power consumption
under the high temperature condition, which replicates the maximum power consumption
of all equipment in the on-orbit business mode. In the low temperature condition, the
load on the satellite is shut down, the equipment of the satellite bus maintains the lowest
energy consumption state, and the laser communication load is turned on to carry out
the intersatellite alignment capture. In this condition, heating belts should be used for
temperature compensation to keep the temperature of the equipment on the satellite higher
than the lower limit of its temperature requirement, so as to ensure the safety of the satellite.
According to statistics, the power consumption of the satellite is 2039.2 W under high
temperature conditions and 887.6 W under low temperature conditions.

As can be seen from Table 6, the Ka-band phased array antenna, as the main load
of the whole satellite, has high power consumption. When three phased array antennas
work at the same time, the heat dissipation capacity of the antenna mounting surface is
insufficient to meet the heat dissipation requirements of phased array antennas. Phased
array antennas are easy to overheat when working in high temperatures. It needs to be
coupled with ±Y planes to dissipate heat generated by the high-power operation of phased
array antennas. With the phased array antenna as the reference feature point, the minimum
heat dissipation capacity of +Z and ±Y cooperative honeycomb planes was defined as the
high temperature condition.

Figure 9 shows the corresponding heat dissipation capabilities of the +Z and ±Y
planes. When the β angle is ±60◦, the heat dissipation capacity of the +Z and ±Y planes is
the lowest. Therefore, the external heat flow condition is selected as the analysis input for
the high temperature condition when the β angle is ±60◦.
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Figure 10 shows the heat dissipation capacity of the satellite at different β angles. In
the range of β angle −60~+60◦, the heat dissipation capacity of the satellite is stable. When
β angle is greater than ±60◦, the heat dissipation capacity of the satellite is continuously
enhanced due to the solar panel blocking the external heat flow of the sun. According
to the β angle simulation, when the β angle is ±90◦, the heat dissipation capacity of the
satellite is the strongest, so define that condition as the low temperature condition.
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The temperature distribution under high- and low-temperature conditions is shown
in Figure 11.
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(a) −X\−Y\−Z structural plate at high-temperature condition; (b) +X\−Y\+Z structural plate
at high-temperature condition; (c) −X\−Y\−Z structural plate at low-temperature condition;
(d) +X\−Y\+Z structural plate at low-temperature condition.

3.2. Thermal Deformation of Satellite Bus

Typically, the satellite’s structure is placed with the communication load and the star
sensor load separately. Using this design strategy, we compute the impact of the satellite’s
thermal deformation on the angle variation between the laser and the star sensor load.

With the maximum temperature difference obtained by simulation in high and low
temperature conditions as input, the satellite finite element simulation model is used to
calculate the thermal deformation of the satellite, as shown in Figure 12. The maximum
displacement of the satellite during low- and high-temperature fluctuations is 0.689 mm.
Both the laser communication load and the star sensor are directly mounted on the +X
honeycomb structure. The flatness of the +X honeycomb structure will change under
the coupling effect of the whole satellite thermal deformation, and the normal vector of
the mounting surface will change due to the change in the flatness of the +X honeycomb
structure, resulting in changes in the laser communication load and the pointing of the
star sensor.

The coordinates of the laser communication load and star sensor installation point
after deformation are extracted from the finite element model. The plane corresponding to
the point coordinates fitted by the least square method is the loading surface of the star
sensor and laser communication. The included angle variation between the fitted plane
vectors is the one between the star sensor and the laser communication load caused by
temperature change. The variation of the normal vector angle variation between the star
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sensor and the laser communication load mounting surface obtained by fitting here is
113.58”.
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3.3. Multi-Objective Optimization Design
3.3.1. The Overall Optimized Design Idea

Through the above simulation calculation, we can see that the angle change between
the laser communication load and the star sensor is greatly affected by the thermal deforma-
tion of the satellite, so it is necessary to control the thermal deformation of the satellite. The
most effective thermal deformation control method is to precisely control the temperature
variation range of the whole satellite structure. However, the characteristics of high heat
consumption of communication satellites make all the masks of satellite bodies need to
be designed as cooling surfaces. This design method can meet the temperature balance
of the whole satellite under high-temperature conditions, but the satellite has a variety of
different power consumption scenarios, such as automatic standby mode after the main
load is out of the range of the monitoring and control station, orbit maintenance mode, etc.
The change in internal heat source power and the constant heat dissipation area make it
difficult for the satellite to maintain the same temperature environment. At the same time,
different external heat flow conditions will also affect the temperature of the satellite. The
above reasons cause the temperature distribution of satellite bodies to change greatly. The
resources for satellite active temperature control and temperature measurement are limited,
and the cost of accurately controlling the temperature change of satellite body structure
is high.

Based on the above analysis, a local accurate thermal deformation control method
based on the design of a flexible isolation common physical reference is proposed in this
study to reduce the influence of the whole satellite temperature variation on the laser
communication load alignment uncertainty region and acquisition time.

In this method, the star sensor and laser communication are connected and installed
through the same physical reference bracket with stable thermal deformation. The support
material uses 55% SiC/Al with a large elastic modulus, high thermal conductivity, and
a small linear expansion coefficient. A large elastic modulus is beneficial to improve its
adaptability to dynamic characteristics and reduce weight. A smaller linear expansion
coefficient is conducive to reducing the thermal deformation of the support. High thermal
conductivity is conducive to the uniform temperature design of the support, reducing
the temperature fluctuation of the support and thus reducing the thermal deformation of
the support.

Secondly, it provides flexible isolation with the satellite bus to reduce the influence
of the temperature fluctuation of the whole satellite on the temperature fluctuation of the
support and reduce the influence of the thermal deformation of the whole satellite on the
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uncertain region of laser communication alignment. The material for flexible isolation is
a flexible isolation device made of silicone rubber material commonly used in aerospace
to isolate the influence of thermal deformation of the satellite bus on laser and satellite
sensitivity. The appearance of the isolation material is shown in Figure 13.
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Finally, satellite load isolation was adopted to narrow the thermal control area, reduce
the difficulty of thermal control, accurately control the temperature of the isolated physical
reference support, and reduce the influence of the temperature change of the physical
reference support.

3.3.2. Multi-Objective Optimization Design of Reference Support

The design of the reference bracket is restricted by many factors, and how to balance the
selection of all factors needs to be carried out according to the results of topology optimization.

The first factor to consider is mass constraints. Aerospace products strive to meet the design
requirements with a smaller structural mass. In this paper, the density method is adopted for
topology optimization, and the minimum total volume is set as the optimization objective.

The displacement of the reference bracket caused by the whole satellite temperature
field is taken as the displacement input of the reference bracket.

The precise temperature control of the reference bracket can be achieved within
the fluctuation range of ±1 ◦C. According to the temperature fluctuation range as the
temperature data, the thermal deformation caused by the temperature fluctuation of the
bracket is calculated, and the deformation caused by the bracket itself is taken as the
constraint to constrain the changes in the optical axis angle of the star-sensor and laser
communication load.

The above constraints can be used to optimize the design of the reference bracket when
determining the location of the star sensor and laser communication load on the satellite
bus. The current topology optimization design method is often used to optimize the design
of spacecraft weight reduction, which can deal with this kind of problem well [17,28]. The
relative position relationship between the star sensor and the laser communication load
on the satellite is also one of the variables affecting the design result. In this paper, the
installation location of the star sensor is also taken as an optimization objective. Laser
communication load turntables usually have a universal frame structure, a single reflector
structure, and a latent structure. The laser communication load in this system adopts
the latent configuration, as shown in Figure 14. During the layout of the satellite, the
installation position of the star sensor and the avoidance of the rotation range of the
rotating laser communication load turntable should be considered. In this paper, the range
above the rotating area of the rotating table of the rotating laser communication load is
set as the area where the star sensor can be laid out. With ϕi as the optimization variable,



Appl. Sci. 2023, 13, 5502 16 of 27

topology optimization iterations are carried out for different positions. The mathematical
relationship expression is shown below.

Find ϕi
min V
s.t. ϕl

i ≤ ϕi ≤ ϕu
i

dj ≤ du
j

f1 ≥ f l
1

(3)

where the V represents the above equation represents the total volume, dj represents
the displacement constraint, f1 represents the fundamental frequency constraint, u and l
represents the upper and lower limits of the design objectives and design variables.
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Figure 15 shows the principle of optimization iteration. The optimization of the
position determined by the star sensor is transformed into a routine topology optimization
process. In addition to the topology optimization process, we add a loop about the ϕi
optimization variable.

The ϕi is traversed with a certain step size, and the topology optimization results of
each position are compared, judged, and selected. The optimization analysis results are
shown in Figure 16, and density distributions under different conditions ϕi are obtained.

The total volume results of topology optimization were extracted and shown in
Figure 17. With the change in angle, the total volume has a trend of first rising and then
falling. When ϕi = 0◦ or ϕi = 70◦, the total volume is the smallest. However, in the process
of practical engineering application, not only the mathematical optimization results but
also other engineering constraints that are not easy to quantify should be considered. When
ϕi approaches 70◦, the distance between the star sensor and the thruster is relatively close,
and the high-energy substances ejected by the thruster may affect the normal operation of
the star sensor. Therefore, optimization results in the range of 50~70◦ are not selected for
actual use. In the range of 0◦ to 20◦, the overall volume tends to rise. However, since the
satellite mounting surface is suspended at 0◦, the dynamic response of the whole satellite
launching process will be harsh. Considering the compromise, the support is designed
under the condition that ϕi = 15◦.

It can be seen from the schematic diagram of topology optimization results at ϕi = 15◦

that the area with high unit density presents a sandwich shape with high density on two
sides and low density in the middle. According to this feature, an I-beam was adopted to
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design the section in the process of designing the support, and the layout of the stretching
position was carried out according to the optimized cloud map. The size selection of the
I-beam section is further carried out by size optimization. The size optimization model is
shown in Figure 18. Three optimized areas, A, B, and C, are set in the model, corresponding
to the blue, green, and red areas, respectively. One-dimensional pbarl elements are used to
calculate the three regions, and the parameter definition of the element section is shown in
Figure 18.
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To facilitate the realization of processing technology, the total thickness of the three
areas is set to be consistent, namely A1 = B1 = C1, A2 = B2 = C2.

The size optimization problem can be expressed by the following mathematical expression:

Find Ai, Bj, Ck
min V
s.t. Al

i ≤ Ai ≤ Au
i

Bl
j ≤ Bj ≤ Bu

j
Cl

k ≤ Ck ≤ Cu
k

dm ≤ du
m

f1 ≥ f l
1

(4)

Table 7 presents the optimization results for the 12 variables and the results for volume,
first-order mode, and maximum displacement sensitivity. Through Table 7, we can see the
degree of contribution of each size to the optimization goal. According to the optimization
results obtained, a detailed design can be carried out.

Table 7. Size optimization results and sensitivity.

Variable Name Optimized Result/mm Volume Sensitivity
dV/dt (mm2)

First-Order Modal
Sensitivity

df1/dt (Hz/mm)

Maximum Displacement
Sensitivity

ddj/dt (10−4)

A1 14.8 89,647.6 7.5 3.6
A2 2 135,084.5 10.1 −4.9
A3 8 15,352.6 1.2 1.9
A4 0.6 56,244.6 1.4 −5.1
B1 14.8 89,647.6 7.5 3.6
B2 2 135,084.5 10.1 −4.9
B3 8 21,319.4 0.4 1.6
B4 0.6 82,682.9 1.9 0.6
C1 14.8 89,647.6 7.5 3.6
C2 2 135,084.5 10.1 −4.9
C3 16 49,120.6 12.8 −2.1
C4 0.6 75,005.2 6.7 −1.9
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3.4. Thermal Deformation Analysis after Optimization
3.4.1. Support Temperature Control Design

The temperature fluctuation of the reference support is controlled by precise tempera-
ture control.

The design of the two heating circuits is shown in Figure 19a. The heating belts H1~H9
form a heating circuit in series, with a total resistance of 293.9 Ω, and the heating belts
H10~H23 form another heating circuit in series, with a total resistance of 244.8 Ω. The
heating belts are set on the web plate of the I-beam by means of adhesive. The size and
resistance of the heating belt are shown in Table 8. The 28 V satellite bus voltage powers
the two heating circuits. The closed-loop control of temperature is realized by setting
up two temperature measuring circuits. The temperature sensor is pasted at T1 and T2
in Figure 19a. In order to maintain temperature stability, the reference bracket is coated
with 20 units of multi-layer insulation components, the outermost layer being F46. The
completion state of thermal control is shown in Figure 19b.

Appl. Sci. 2023, 13, x FOR PEER REVIEW 20 of 28 
 

Table 7. Size optimization results and sensitivity. 

Variable 
Name 

Optimized Result 
/mm 

Volume Sensitivity 
dV/dt (mm2) 

First-Order Modal 
Sensitivity 

df1/dt (Hz/mm) 

Maximum Displacement Sensitivity 
ddj/dt (10−4) 

A1 14.8 89,647.6 7.5 3.6 
A2 2 135,084.5 10.1 −4.9 
A3 8 15,352.6 1.2 1.9 
A4 0.6 56,244.6 1.4 −5.1 
B1 14.8 89,647.6 7.5 3.6 
B2 2 135,084.5 10.1 −4.9 
B3 8 21,319.4 0.4 1.6 
B4 0.6 82,682.9 1.9 0.6 
C1 14.8 89,647.6 7.5 3.6 
C2 2 135,084.5 10.1 −4.9 
C3 16 49,120.6 12.8 −2.1 
C4 0.6 75,005.2 6.7 −1.9 

3.4. Thermal Deformation Analysis after Optimization 
3.4.1. Support Temperature Control Design 

The temperature fluctuation of the reference support is controlled by precise temper-
ature control. 

The design of the two heating circuits is shown in Figure 19a. The heating belts 
H1~H9 form a heating circuit in series, with a total resistance of 293.9 Ω, and the heating 
belts H10~H23 form another heating circuit in series, with a total resistance of 244.8 Ω. 
The heating belts are set on the web plate of the I-beam by means of adhesive. The size 
and resistance of the heating belt are shown in Table 8. The 28 V satellite bus voltage pow-
ers the two heating circuits. The closed-loop control of temperature is realized by setting 
up two temperature measuring circuits. The temperature sensor is pasted at T1 and T2 in 
Figure 19a. In order to maintain temperature stability, the reference bracket is coated with 
20 units of multi-layer insulation components, the outermost layer being F46. The com-
pletion state of thermal control is shown in Figure 19b. 

  
(a) (b) 

Figure 19. Reference support for thermal control design and implementation status: (a) active tem-
perature control design; (b) completion state of thermal control. 

  

Figure 19. Reference support for thermal control design and implementation status: (a) active
temperature control design; (b) completion state of thermal control.

Table 8. Heating belt design parameters.

Heating Belts ID Size/mm Electrical Resistance/Ω

H1 70 × 18 34
H2 70 × 18 34
H3 70 × 18 34
H4 45 × 18 21.9
H5 70 × 18 34
H6 70 × 18 34
H7 70 × 18 34
H8 70 × 18 34
H9 70 × 18 34

H10 25 × 18 12
H11 45 × 18 21.9
H12 25 × 18 12
H13 35 × 18 17
H14 35 × 18 17
H15 35 × 18 17
H16 35 × 18 17
H17 35 × 18 17
H18 35 × 18 17
H19 25 × 18 12
H20 25 × 18 12
H21 45 × 18 21.9
H22 35 × 18 17
H23 70 × 18 34

The simulation of the temperature control effect is shown in Figure 20, and the temper-
ature of the support can fluctuate between 19.86 ◦C and 22.18 ◦C. The temperature is used
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as the input condition for the calculation of the pointing variation of both the star sensor
and the laser communication load in the whole satellite model.
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3.4.2. Thermal Deformation Analysis Results

According to the temperature of every single machine and plate as input, the angle
variation of the laser communication load caused by thermal deformation and the star
sensor in the full satellite simulation model is calculated. The full satellite simulation model
is shown in Figure 21. The cloud map of thermal deformation is shown in Figure 22.

The coordinate values after thermal deformation of the installation points of the star
sensor and laser communication loads extracted after calculation are shown in Table 9. ID
indicates the number of the installation plane point.
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Table 9. Coordinates after thermal deformation of the installation points of the star sensor and laser
communication load.

Equipment ID

Coordinates after Thermal Deformation of the
Installation Points of Star Sensor and Laser

Communication Loads/mm

X Y Z

Star sensor

1 498.022332 590.592472 616.777184
2 −195.021749 −310.980372 −237.124945
3 −3988.873092 −3988.875943 −3988.895106
4 498.022332 590.592472 616.777184

Laser communication
load

5 555.885593 299.889329 578.953251
6 −654.633767 −654.700147 −466.758511
7 −3988.799787 −3988.715247 −3988.846126
8 555.885593 299.889329 578.953251

The least square method was used to fit the expressions of two device installation
planes, as shown in (5).

z = b1 + b2·x + b3·y (5)

The b1, b2, and b3 parameters of the two planes are shown in Table 10.

Table 10. Fitting parameters of the installation plane.

Parameter b1 b2 b3

Star sensor −3988.777117 −0.000264139 −0.000186277
Laser communication load −3988.750815 −0.000330447 −0.000205741

The included angle variation between the two plane normal vectors fitted after thermal
deformation can be calculated as 14.25”. The calculation results show that the optimization
scheme has an obvious effect.
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4. Tests
4.1. Ground Tests

To ensure the accuracy of the results of the optimized design, the low-orbit communi-
cation test satellite underwent a thermal deformation test. Theodolite calibration is used to
measure the angle shift between the laser communication load prisms and the star sensor.
It is challenging to implement real-time regulation and protection of theodolite equipment
in a vacuum tank due to testing conditions. Hence, by heating the satellite temperature
hauled up under the ambient temperature of 20 ◦C in the ground atmosphere backdrop,
the effect of thermal deformation on prism angle fluctuation between the star sensor and
laser communication burden is determined. The results can still be utilized to assess the
effectiveness of design and optimization even though the distribution of the temperature
field in the ground environment differs from that of the satellite in orbit.

We set up three ground-test schemes to judge the effectiveness of the optimized design.
In test scheme 1, no optimized support was used. The laser communication load and
star sensor were directly installed on the honeycomb panel of the satellite structure. The
on-board equipment was opened according to the high temperature conditions in orbit, and
the temperature of the satellite structure was increased by this temperature pull-up method.
In test scheme 2, optimized support is adopted, and the laser communication load and star
sensor are directly installed on the optimized support. A flexible isolation device is used
to connect the optimized support and satellite, and the heating mode is the same as that
of test scheme 1. The installation mode of test scheme 3 is the same as that of test scheme
2. In addition to the heating mode adopting the same working mode of equipment under
high temperature conditions as that of schemes 1 and 2, all heating belts on the satellite are
also turned on to maximum pull-up satellite structure temperature and test the ultimate
capacity of the optimization effect of the satellite support. The purpose of setting test
scheme 3 is mainly because the temperature distribution in the ground test is quite different
from the actual distribution in orbit. Therefore, the problem of insufficient verification in
the ground test is solved by the maximum pulling up of the satellite temperature field.

Table 11 shows the temperature telemetry data of some equipment in the three ground
test schemes. The temperature of test scheme 1 and test scheme 2 is similar, so it can be
considered that the difference between them is caused by the support optimization scheme.

Table 11. Temperature data in the 3 ground test schemes.

ID Satellite Equipment Test Scheme 1/◦C Test Scheme 2/◦C Test Scheme 3/◦C

1 +Y lithium battery 31.15 30.68 33.97
2 −Z Microwave transceiver channel 41.34 40.14 48.03
3 −X power amplifier 52.63 51.32 55.28
4 Measurement and control transponder 41.75 40.85 44.62
5 Measurement and control random access terminal 44.69 43.72 47.39
6 Electric push controller 39.40 39.51 48.53
7 Central computer 42.58 41.22 50.40
8 Fiber-optic gyroscope 40.17 38.84 44.92
9 Flywheel 1 39.81 38.28 45.60

10 High stability clock source 46.24 45.15 49.79
11 Interplanetary link channel 44.04 42.57 46.18
12 Power controller 43.60 42.50 49.49
13 Laser communication load electronics box 40.97 40.09 43.61
14 Phased array transceiver antenna 1 44.99 41.26 56.00
15 Phased array transceiver antenna 2 46.35 45.87 57.97

The calibration site is shown in Figure 23. Theodolites A and B are used to target the
star-sensor prism, and theodolites C and D are used to target the laser communication
payload prism.
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Table 12 shows the calibration results of the prism. In test scheme 1, the star-sensor
and laser communication loads are respectively installed on the satellite structure plate.
The maximum angle variation of the prism before and after the temperature pull-up test
is 117.74”, which appears on the X-axis of the star sensor. In test scheme 2, the maximum
angle variation is 10.72” when the on-board equipment is turned on in high temperature
conditions, which appears on the Z-axis of the star sensor. The comparison between
scheme 1 and scheme 2 shows that the optimal design obviously reduces the influence of
the thermal deformation of the satellite on the angle variation between the prism of the
star-sensitive bracket and the laser communication load. Scheme 3 shows that under the
condition of maximum temperature pull-up during the ground test, the maximum angle
variation between prisms appears on the star-sensor’s Y-axis, with a maximum value of
31.6”. When converted into radians, the result is 0.1532 mrad. Under such extremely strict
temperature test conditions, the results are close to the requirement of 0.16 mrad assigned
in Section 2, which further proves the effectiveness of the optimized design.

Table 12. Prism angle calibration results.

Test Scheme

Laser Communication Load Prism (◦)
Variation

(′′)The Satellite Is Not Powered up (20 ◦C) The Satellite Is Heated

X Y Z X Y Z

Star-sensor
prism

Test
scheme 1

X 57.45941 104.70392 36.49674 57.48653 104.69043 36.46410 117.74
Y 92.57665 19.33458 70.85150 92.59326 19.32406 70.86453 75.42
Z 147.33186 102.27354 60.25443 147.35727 102.27365 60.28129 97.40

Test
scheme 2

X 56.44269 104.43308 37.32726 56.44544 104.43352 37.32485 9.90
Y 93.42561 19.96337 70.35752 93.42671 19.96400 70.35709 4.28
Z 146.22100 103.49310 59.69107 146.22360 103.49353 59.69405 10.72

Test
scheme 3

X 56.44269 104.43308 37.32726 56.44623 104.42694 37.32080 27.74
Y 93.42561 19.96337 70.35752 93.43385 19.96175 70.36072 31.60
Z 146.22100 103.49310 59.69107 146.22347 103.49733 59.69590 21.66

4.2. In-Orbit Tests

On 20 May 2022, the low-orbit communications test satellite 03/04 was put into orbit.
On 20 July, the first chain was started, and on 21 July, the first error-free transmission was
finished. A 145-min period of stable and error-free connection was accomplished on 27 July.
By 27 July, 14 bidirectional captures had been completed after the first chain establishment,
with 10 of those taking place in under 30 s (71.4%). The four capture times that were longer
than 30 s all occurred early in the test, and after the test’s full completion on 23 July, all
capture times were within the required range of 30 s. Table 13 displays statistics regarding
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capture times. The satellite bus’s thermal deformation control optimization design was
shown to be successful by the on-orbit acquisition time.

Table 13. Statistical table of capture time in orbit.

ID Test Time

Scanning Mode
Capture Time

/s
Low-Orbit

Communications Test
Satellite 03

Low-Orbit
Communications Test

Satellite 04

1 20 July 2022 Scan Gaze 35
2 21 July 2022 Scan Gaze 45
3 22 July 2022 Gaze Scan 87
4 22 July 2022 Gaze Scan 42
5 25 July 2022 Scan Gaze 16
6 25 July 2022 Scan Gaze 28
7 25 July 2022 Scan Gaze 28
8 25 July 2022 Gaze Scan 16
9 25 July 2022 Gaze Scan 14

10 25 July 2022 Gaze Scan 18
11 25 July 2022 Scan Gaze 26
12 25 July 2022 Gaze Scan 18
13 26 July 2022 Scan Gaze 28
14 27 July 2022 Scan Gaze 29

5. Conclusions

This paper analyzes and assigns various factors affecting the uncertain region of
satellite laser communication loads in orbit in order to meet the requirements of rapid
acquisition and chain construction in the business mode of laser communication satellites,
reduce the acquisition time of laser communication loads between satellites, and narrow
the orientation of laser communication loads to the uncertain region of the optical axis. As
a result of the thermal deformation of the satellite bus, the angle variation between the
laser communication load and star sensor should be limited to 0.16 mrad.

The satellite’s temperature field in orbit under high- and low-temperature situations
is obtained by simulation analysis. As the input boundary conditions for satellite thermal
deformation analysis, it is found that the influence of thermal deformation on the angle
variation between the laser communication load and the star sensor installed on the hon-
eycomb sandwich structure does not conform to the requirement of index allocation. It is
necessary to optimize the thermal deformation control of the angle variation between the
laser communication load and the star-sensor optical axis.

A local accurate thermal deformation control method based on the design of a flexible
isolation common physical reference is proposed in this study to reduce the influence
of the whole satellite temperature variation on the laser communication load alignment
uncertainty region and acquisition time. The goal of the optimization design is to connect
the laser communication load and the star-sensor load using the same physical reference
bracket and stable thermal deformation with 55% SiC/Al material. Second, it uses flexible
isolation with the satellite bus to lessen the impact of the entire satellite’s temperature
variation on the support’s temperature swings as well as the impact of the entire satellite’s
thermal deformation on the uncertain region of laser communication alignment. Finally,
satellite load isolation was used to reduce the thermal control challenge, precisely manage
the temperature of the isolated physical reference support, and lessen the impact of the
physical reference support’s temperature fluctuation.

Topology optimization is used to determine the relative placement of the star sensor
and the laser communication load and ϕi = 15◦ is the best result we select while taking into
account the mass of the structure, the radius of rotation, and other engineering considera-
tions. The reference bracket adopts an I-section design based on the structural topological
relationship found through topological optimization, and size optimization establishes the
critical dimensions. The combination of active and passive temperature control is adopted
to control the temperature within the range between 19.86 ◦C and 22.18 ◦C so as to reduce
the deformation of the reference structure itself. The thermal deformation between the
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optimized laser communication load and the star sensor angle variation is decreased to
14.25” according to the entire satellite simulation analysis of the modified structure.

After completing the optimized design, we carried out ground and space test valida-
tions. Compare the schemes after and before optimization; the maximum angle variation
induced by temperature change dropped from 117.74” to 10.72” through the ground tem-
perature deviation and prism calibration test by heating the satellite temperature hauled
up under the ambient temperature of 20 ◦C in the ground atmosphere backdrop. Under the
condition of maximum temperature pull-up, the maximum angle variation is 0.1532 mrad,
close to the requirement of 0.16 mrad, which further proves the effectiveness of the opti-
mized design. The on-orbit alignment test confirms that the required capture time of 30 s
is met. After launch, by 27 July, 14 bidirectional captures had been completed after the
first chain establishment, with 10 of those taking place in under 30 s (71.4%). The four
capture times that were longer than 30 s all occurred early in the test, and after the test’s
full completion on 23 July all capture times were within the required range of 30 s. The
in-orbit acquisition time test results demonstrate that the uncertain region of the satellite
satisfies the design specifications and that the thermal deformation stability between the
satellite star sensor and laser communication load satisfies the specifications.
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